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ABSTRACT 


The Army rotorcraft aeroacoustic programs are reviewed, highlighting the theo- 
retical and experimental progress made by Army researchers in the physical under- 
standing of helicopter impulsive noise. The two impulsive noise sources addressed 
over this past decade are high-speed impulsive noise and blade-vortex interaction 
noise, both of which have had and will continue to have an increasing influence on 
Army rotorcraft design and operations. The advancements discussed are in the areas 
of in-flight data acquisition techniques, small-scale-model tests in wind tunnels, 
holographic interferometry/tomographic techniques, and the expanding capabilities of 
computational fluid dynamics in rotorcraft acoustic problems. Current theoretical 
prediction methods are compared with experimental data, and parameters that govern 
model scaling are established. The very successful cooperative efforts between the 
Army, NASA, and industry are also addressed. 


1 . INTRODUCTION 


Noise generated by a helicopter has been a difficult scientific problem for 
many years. It has many different origins, most of which are related to aerodynamic 
phenomena around rotor blades and the fuselage. Over the past decades, many major 
analytical and experimental developments were made by the Army research efforts. 

Some of the most notable are comprehensive acoustic prediction codes for high-speed 
impulsive noise, an in-flight acoustic measurement technique, and a Joint 
government/ industry test program in a world-class anechoic wind tunnel. In many 
cases these developments led to the discovery of many important rotorcraft acoustic 
characteristics and aerodynamic phenomena related to impulsive noise. In the 
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following text, two different impulsive noise-generating mechanisms are reviewed; 
high-speed impulsive noise and blade-vortex interaction (BVI) noise. 


2. HIGH-SPEED IMPULSIVE NOISE 


Over the past 10 years, an in-flight method of gathering helicopter impulsive 
noise data has been developed by the Aeroflightdynamics Directorate (ARTA, AVSCOM) 
(ref. 1). A quiet, fixed-wing aircraft (0V-1C and later the Y0-3A) was instrumented 
with microphones and flown in formation with the subject helicopter, as shown in 
figure 1. Because these aircraft are relatively quiet and the impulsive signals are 
intense, good-quality acoustic data were acquired. The major advantages of gather- 
ing data in this manner are (1) there are no ground reflections; (2) there are long 
and steady data samples; and (3) helicopter flight conditions and directivity pro- 
files are easily explored. From data taken during high-speed level flight, a strong 
negative pressure peak, called high-speed impulsive noise, is observed and has been 
shown to be caused by blade thickness and transonic effects. It is at a maximum 
near the tip-path plane of the rotor and falls off with increasing lateral directiv- 
ity angles. As a consequence, the pilot cannot identify this large acoustic energy 
radiation from inside the helicopter. Furthermore, at high tip Mach numbers an 
extremely sharp positive pressure rise follows this sharp expansion wave, resulting 
in very intense radiated noise levels which indicate that this rapid increase in 
pressure is associated with a radiating shock wave. 
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Figure 1.- In-flight technique. 


In order to study more closely this interesting phenomenon of a sharp positive 
acoustic pressure rise observed in a full-scale flight test, both small-scale-model 
wind tunnel tests and hover tests have been carried out with the following questions 
in mind: 


1. Can high-speed impulsive noise be scaled, and if so, what are the scaling 
parameters? 

2. Can high-speed impulsive noise be scaled in hover (i.e., how important are 
the unsteady effects)? 

3. How accurately can high-speed impulsive noise be predicted? What degree of 
modeling is required? 
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4. How does a local shock wave radiate to the acoustic far field? 


In order to duplicate the full-scale acoustic phenomena with small-scale models, 
several wind tunnel tests were carried out in the Ames 7 * 10 ft wind tunnel, 
CEPRA-19 anechoic wind tunnel, and DNW anechoic wind tunnel. The typical comparison 
of acoustic data of a 1/7-scaled AH-1/0LS model in the DNW tunnel with AH-1 full- 
scale flight test data is shown in figure 2. Negative peak pressure levels and 
waveform shapes are plotted as a function of advancing tip Mach number, which has 
been proven to be the most important nondimens ional parameter of high-speed impul- 
sive noise. (Further comparison of model acoustic data in the DNW and CEPRA-19 wind 
tunnels with AH-1 full scale flight test data can be found in refs. 2-4.) From the 
comparisons, it is clear that high-speed impulsive noise can be scaled and that the 
primary scaling parameters are geometry and the advancing tip Mach number. 

The interesting aspect of high-speed helicopter noise is the development of the 
saw-toothed waveform at high advancing-tip Mach numbers as shown in figure 3. A 
near-symmetrical pulse is observed in case A (M-j. = 0.867), while the symmetrical 
pulse becomes saw-tooth in character (case B, M^. = 0.9). This sudden change of the 
waveform is called delocalization and the corresponding tip Mach number is called 
the delocalization Mach number. This is a very unique phenomenon peculiar to a 
rotating blade, which will be discussed further in the later section. At still 
higher advancing tip Mach numbers (case C, M^. = 0.925), the peak negative pressure 
becomes very large, and the sudden rise in pressure becomes nearly instantaneous. 

The noise generated by this latter waveform is rich in higher harmonics and can be 
subjectively classified as harsh and extremely intense. The exact same phenomena 
were also observed in hover as shown in figure 4 (details in ref. 5). The most 
remarkable observation about the model-hovering rotor data is their pulse shape 
similarity to the model-scale acoustic data taken in forward flight. Although the 
hovering amplitudes are higher than the forward flight amplitudes, the delocaliza- 
tion process is duplicated quite well. This implies that the unsteady aerodynamic 
effects of forward flight play a secondary role in the delocalization process. The 
high-speed impulsive noise signatures generated by full- and model-scale forward 
flight tests can be studied to first order in hover and the scaling parameter is the 
advancing tip Mach number. 

The theoretical analysis is based on the well-known integral equation derived 
by Ffowcs Williams and Hawkings (ref. 6). 
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Far-field acoustic pressure is explicitly expressed in terms of integrals over 
the blade surface (monopoles and dipoles) and over the surrounding volume (quadru- 
poles). A comparison between linear thickness calculations, first term in equa- 
tion (1) versus the experimental data for hover, is shown in figure 5 for several 
different tip Mach numbers. The striking features of the comparison between theory 
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Figure 



Comparison of model and full-scale acoustic waveforms for an in-plane 
microphone 1.8 rotor diameters ahead. 
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Figure 3.- Waveform shape versus advancing-tip Mach number. 


and experiment at the tip Mach number less than 0.9 are the similarity in pulse 
shape and underprediction of the theory in negative peak levels by a factor of 
about 2. At hover tip Mach number of 0.9, the amplitude of the peak negative pres- 
sure pulse is again underpredicted by a factor of 2, but there is also a dramatic 
change in the waveform of the experimental data which is not predicted by the linear 
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(a) 


(b) 


(c) 


Figure 4.- Waveform transition; the development of a radiating discontinuity, 

in-plane, r H /D = 1.5, M T = 0.90. 

theory.^ The discrepancy between the linear theory and experimental data can be 
explained by nonlinear flow phenomena around the blade tip and can be lessened by 
adding the quadrupoles term of the governing equation. In order to incorporate the 
near aerodynamic nonlinear flow field into the quadrupole term of the equation, the 
governing potential equation was transformed (ref. 7) to blade-fixed cylindrical 
coordinates as follows: 
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This transonic equation governs the delocalization phenomenon and also helps 
explain the influence of the transonic flow field on the acoustic far field signa- 
tures. The coefficient of <|> Qe determines the propagation behavior of the local 
shock depending on its sign. Below the local sonic Mach number, the coefficient 
becomes a negative sign and the equation (2) behaves like an elliptic-type equation 
in which no wave-like behavior is possible. In this case, the local shock structure 
does not propagate into the acoustic far field. However, above a local sonic Mach 


^The remaining linear dipole term [second term in the eq. (1)] was included in 
reference 8 and the results were almost indistinguishable from those of the monopole 
calculations. Also, similar conclusions were drawn in reference 9 for a high-speed 
rotor in forward flight. In addition, most of the experimental data suggested that 
the high-speed noise phenomenon was not dependent on thrust or torque at a constant 
Mach number. 


1096 


ORIGINAL PAGE 13 

QE EQQR QUALITY 




EXPERIMENT 

THEORY 


THICKNESS 
(BOXWELL, YU, 
SCHMITZ) NASA CP 2052 
1978 



Figure 5.- Comparison of theory with experimental pressure time-history, in-plane, 
r H /D = 1.5. (a) % = 0.8; (b) Up = 0.88; (c) Hp = 0.9; (d) Up = 0.962. 

number, the coefficient becomes positive and equation (2) becomes hyperbolic. Local 
shock waves then propagate into the acoustic far field without interruption and 
generate strong shock characteristics in the acoustic signatures. This phenomenon 
is called the delocalization. Since this delocalization phenomenon is directly 
related to the acoustic far field, a logical step in the prediction of acoustic 
field is the incorporation of the near-field aerodynamic nonlinearities into the 
acoustic formulation. The accuracy of the acoustic far-field calculation is totally 
dependent on the detailed knowledge of the near-field aerodynamic nonlinearities 
surrounding the blade. The comparison of acoustic waveform calculations with a 
three-dimensional transonic numerical code (ref. 10) against the experimental data 
is shown in figure 6. 
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Figure 6.- Comparison of theory and experiment in hover, in-plane, r/D = 1.5. 

At Mach numbers below the delocalization Mach number (0.9 for the NACA 0012 
airfoil with a rectangular planform), the waveform shape is basically symmetrical 
and good correlation in amplitude and waveform shape is observed. At the tip Mach 
number of 0.90, the nonlinear quadrupole term changes waveform shape dramatically 
and increases in amplitude, leading to good agreement in pulse shape. This is a 
reflection of the fact that local shocks are propagating from the surface of the 
airfoil to the acoustic far field. However, in these comparisons, the amplitude is 
now overpredicted at or above a tip Mach number of 0.9 even though the waveform 
changes from the symmetric to saw-tooth shapes at the correct Mach number as shown 
in the experimental data. This has suggested several areas where improvements can 
be made, and they are discussed in the following sections. 

The experimental verification of this computational code is less satisfactory 
because of a lack of high quality near-field experimental data. In order to improve 
this situation, a new experimental technique, called optical holographic 
interferometry/computerized tomography, has been developed. A powerful pulsed ruby 
laser recorded 40 interferograms with a 2-ft view field around the model rotor blade 
tip operating at a tip Mach number of 0.9 (see fig. 7). After digitizing interfero- 
grams and extracting fringe-order functions, the computerized tomography code recon- 
structed the flow field, providing pressure coefficient contours in several planes 
as shown in figure 8 (refs. 11-13). The results from this holographic technique 
give very good agreement with previously obtained numerical computations and laser 
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Figure 7.- Holographic interferometry setup. 

velocimeter measurements of the aerodynamic flow field surrounding the rotor. 

Several important features of the holographic technique are ( 1 ) the lack of geomet- 
rical constraints in the optical system leads to the ability to conduct large-scale, 
nonlaboratory tests, (2) a single photo film contains a large volume of instanta- 
neous three-dimensional flow information, providing a substantial reduction in test 
time, and (3) the reconstruction procedure can be performed in a laboratory, not in 
the test section where interferograms are recorded. 

Therefore, the holographic technique with the computerized tomography proved to 
be a highly effective way to measure the large volume of the instantaneous three- 
dimensional, transonic flow field surrounding a rotor blade. 

Another potential acoustic prediction method has been developed for the high- 
speed impulsive noise phenomenon using the methods of geometrical acoustics and 
computational fluid dynamics (CFD) . With the geometrical acoustics approximation, 
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the new Kirchhoff formula was developed by Isom (ref. 14), in which the quadrupole 
volume integral in the Ffowcs Williams and Hawkings formulation is reduced to a 
surface integral over the plane tangent to the sonic cylinder. Then, the initial 
data on the sonic cylinder are obtained from a transonic CFD code that solves the 
full potential equation in the near aerodynamic nonlinear field. Since CFD codes 
are less successful in the far field, this new approach combines the near-field 
aerodynamic calculation from a CFD code with the geometrical acoustic approximation 
in the acoustic far field (ref. 15). 

3. BLADE-VORTEX INTERACTION (BVI) NOISE 


The physical understanding of blade-vortex interaction noise is not as complete 
as is that of high-speed impulsive noise. Although there have been many experimen- 
tal and theoretical efforts which have shown progress in understanding the generat- 
ing mechanisms, only a few qualitative design changes have resulted. Similar to 
questions raised about high-speed impulsive noise, the following questions will be 
discussed : 

1. Can BVI noise be scaled, and if so, what are the scaling parameters? 

2. What are the known physical origins of BVI noise? 

3. How accurately can BVI noise be predicted? 

A comparison of the acoustic signatures of the Operational Loads Survey (OLS) 
model tests in both the CEPRA-19 and DNW anechoic wind tunnels with the 540 rotor 
full-scale flight test is shown in figure 9. A microphone is located approximately 
30° beneath the plane of the rotor tips. This relative orientation of the micro- 
phone is known to maximize the blade-vortex interaction noise and reduce the magni- 
tude of high-speed impulsive noise. The average time history of acoustic signatures 
from the model- and full-scale rotor systems become strikingly similar when the four 
important nondimens ional scaling parameters are matched: advancing tip Mach number, 

advanced ratio, C T/o , tip-path-plane angle. (A more complete picture of the compar- 
ison of model- and full-scale blade vortex interaction noise is shown in ref. 16.) 
Good general agreement in amplitude as well as pulse shapes between model- and full- 
scale tests is apparent at all descent conditions at low advance ratios (u 2 0.2). 

At high advance ratios, the BVI phenomenon was not well scaled. The reasons for 
this are not known at the present time. 

There were several tests performed to simultaneously measure the acoustic and 
aerodynamic field so that the aerodynamic data could be used as input to acoustic 
prediction codes. A major full-scale experiment was carried out by a joint U.S. 
Army/Bell Helicopter program, called the Operational Loads Survey (OLS). Several 
small scale OLS-model wind tunnel tests were also performed in the 14 x 22 Foot Wind 
Tunnel (ref. 17) and CEPRA-19 and DNW anechoic wind tunnels (refs. 18 and 19). From 
these tests, one of the most important findings was that the BVI phenomenon was seen 
to be concentrated near the very leading edge of the blade chord. Furthermore, the 
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Figure 9.* Rotor acoustic comparisons, 30" below rotor-plane microphone: v * 0.164, 

m AT 8 °- 772 * °T 8 °- 0054 * <a) CEPRA 19 time-history, ^pp * 3.5*1 <b) DNW time- 
history, aj.pp = 1.0"; (c) full-scale time-history, R/0 a 400 ft/min. 

interaction of 3/2 revolution old vortex and the blade in the advancing side appears 
a strong contributor on the acoustic field, in which the vortex and the blade are 
positioned almost parallel. Because of the local transonic flow around the leading 
edge generated by the nearby vortex, the near-discontinuous acoustic pressure 
propagation was observed in some Schlieren pictures of advaneing-side BV! on a 
small-model rotor in a wind tunnel (ref. 2b). 

To predict the acoustic pressure measurements, equation (1) can be used where 
only the pressure term (acoustic dipole sources) is used. A computer model of the 
BVI phenomenon from the measured pressure data was constructed which carefully fit 
the measured data and kept track of the interaction loci. The comparison of the 
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measured OLS and computed acoustic waveforms are shown in figure 10 (ref. 21). The 
general waveform was well predicted in the right wing and nose-boom microphones; 
however, the peak amplitudes are underestimated and the pulse widths overesti- 
mated. These discrepancies may be traced to experimental frequency response limita- 
tions of the data measurement system, analytical modeling of the measured pressure 
data, or possibly to the omission of quadrupole sources caused by transonic flow. 

Based on the model- and full-scale experiments, it is thought that compressi- 
bility plays a significant role in the aerodynamics of BVI. The local transonic 
flow field which exists during BVI has initially been simplified to a two- 
dimensional (2-D) encounter with the vortex passing by a stationary airfoil. The 
governing computational fluid dynamic (CFD) equations are then numerically solved to 
yield both the aerodynamic forces and the radiated noise. The transonic small 
disturbance equation was used with a concentrated potential ( ir rotational) vortex 
structure to investigate the unsteady pressure fluctuation on the airfoil surface 
and the propagation of acoustic waves to the far field. The propagating wave and 
its structure is clearly visible in figure 11 where much more energy is seen to 
propagate in the upstream direction (ref. 22). It is clear that the computational 
technique can be used to gain insight into the highly complex nonlinear blade vortex 
interaction phenomena. 

In order to validate computational codes and to improve the physical under- 
standing, other experimental techniques are being developed under the Army supervi- 
sion to help understand the basic mechanisms of BVI. In one such experiment, an 
airfoil was placed in a shock tube in the wake of a vortex generator in which the 
2-D airfoil-vortex interaction phenomenon was simulated. The event was measured 
with pressure transducers, high-speed Mach-Zehnder interferometry (ref. 23) » and 
holographic interferometry (ref. 24). 

This pioneering computational and experimental Work is in the beginning stages 
of development. These preliminary results are encouraging and reaffirm the impor- 
tance of leading-edge blade geometry on the BVI problem. In the near future, this 
work should be able to suggest leading-edge geometries that tend to minimize the 
airfoil pressure disturbances leading to generation of less BVI acoustic energy that 
is radiated to the far field. 

Because of the importance of the trailing tip vortex strength, blade tip plan- 
form should have an important effect on BVI noise. A test was carried out in the 
NASA Langley 14 x 22 Foot Wind Tunnel to evaluate the potential benefits of tip- 
shape modification in alleviating blade-vortex interaction noise as shown in fig- 
ure 12. The results of the program (ref. 25) showed that a tip shape can be 
designed such that a modest improvement can be achieved in the blade-vortex interac- 
tion noise propagation characteristics as compared to a rectangular tip Shape. 
Furthermore, a test program of an advanced blade design for the Army's UH-1 helicop- 
ter fleet was also carried out in the 14 x 22 Foot Wind Tunnel to determine the 
performance benefits provided by rotor blade planform taper as shown in figure 13* 

It appeared that the advanced rotor design did not significantly reduce the blade- 
vortex interaction noise, while high-speed impulsive noise could be reduced substan- 
tially (about 8 or .9 dB reduction) (refs. 26 and 27). 
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Figure 12.- UH-1 acoustic test at NASA Langley 14 x 22 Foot Wind Tunnel. 
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4. ACOUSTIC AND AERODYNAMIC TEST OF A MODEL ROTOR ( AATMR) PROGRAM 


A new joint program between the Army and the rotorcraft industry has been 
initiated to take acoustic and aerodynamic measurements in the DNW wind tunnel with 
advanced, dynamically scaled, pressure instrumented model rotor systems to relate 
the important aerodynamic phenomena to the near- and far-field acoustic radiation. 

In particular, high-speed impulsive noise, blade-vortex interaction noise, and low- 
frequency harmonic noise are being studied. Particular test objectives are (1) to 
verify existing analytical prediction codes for acoustics and aerodynamics with 
dynamically flexible blades, (2) to compare the measured data with full-scale flight 
data and full-scale wind tunnel data and develop scaling parameters, and (3) to 
improve blade design capabilities. 

A first test was performed this past summer under a joint research agreement 
with the Aeroflightdynamics Directorate (ARTA) and Boeing Vertol. Boeing Vertol 
furnished a 1/5 dynamically scaled, pressure instrumented model of the BV 360 rotor 
in the DNW wind tunnel (fig. 14) which was tested by the Army/Boeing-Vertol with 
NASA's assistance. During the test, the on-line digital data acquisition and pro- 
cessing system gathered extremely accurate acoustic and pressure signatures of the 
rotor. In addition, very low-speed shadowgraph photographs were taken to define the 
epicycloid patterns of tip vortex trajectories and a photogramme try technique was 
also attempted to measure the live twist distributions of the highly elastic BV 360 
rotor blades. The data reduction process is under way and results will be available 
shortly (ref. 28). 


5. CONCLUDING REMARKS 


This paper reviews the progress made in helicopter aerodynamically generated 
impulsive noise by Army researchers over the past decade. From full-scale flight 
tests and several small-scale model wind tunnel tests, it is clear that high-speed 
impulsive noise can be scaled and the primary scaling parameter is the advancing tip 
Mach number. Also improved basic physical understanding of the high-speed impulsive 
noise generating mechanism and of the delocalization phenomenon has been substan- 
tially achieved for use in the design of advanced blades for reduced noise. In the 
case of blade-vortex interaction (BVI) noise, the physical understanding of the 
noise generating mechanism is not as complete as that of high-speed impulsive 
noise. However, the BVI noise can be scaled for low advance ratios and the scaling 
parameters are advancing tip Mach number, advanced ratio, C T / a , and tip-path-plane 
angle. Because of the compressibility effect on BVI aerodynamics, CFD techniques 
are now emerging for understanding the basic mechanisms of BVI and the associated 
radiated noise mechanisms. The preliminary results are very encouraging and CFD 
techniques should help to design a blade for reduced noise. The cooperative pro- 
grams between the Army, NASA, and industry have been very successful and will be 
continued. 
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